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Flight  t e s t s  were conducted with  a  fighter  airplane t o  study the 
effect of boundary-layer suction aft of the shock wave on a i r fo i l  drag 
at   supercrit ical  Mach rimers and high R e p o l d s  numbers. A suction 
s lo t  wa8 placed a t  about 70-percent  chord, approximately 7-percent chord 
a f t  of the shock location  at  the  highest test Mach nuniber. Airfoil 
chord force w a s  determined from pressure-distribution measur8ments 
obtained a t  Mach numbers of 0.70 t o  0.83 in steady  dives. Wake survey 
measurements were also made but ovar the lesser Mach number range from 
0.70 t o  0.78. The approximate Mach nmiber for drag divergence.was 0.73. 

Results of the  teste shoved no measurable effect of suction for 
the  suction  coefficient  available. Even un&r conditions where flow 
separation was present  the drag increase  with Mach rimer was due 
primarily t o  pressure changes associated  with  supersonic flow an upper 
,and  lower surfaces which resulted in *creased pressure drag. 

A s  has been knm for some time, an abrupt rise fn the drag 
coefficient of an af r fo i l  occurs a t  high subsonic Mach  numbers  due 
t o  flow changes associated with the occurrence of local regiona of 
supersonic f l o w  near the  airfoil .  One of these flow changes is the 
boundsry"layer growth or separation accanpanying the shock formation 
which terminates a supersonic  region. This boundary-layer behavior 
develops  because of the  steep adverse pressure gradient at  the base 
of the shock. In view of this action of the boundary layer, there has 
been  renewed interest in the  possibilities of boundary-layer control 
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as a means of reducing airplane  drag a t  high bkch numbers, especially 
those Mmh riders at  which separation occurs behfnd the shock. Ae far 
as I s  h o r n ,  research t o  date on boundary-layer control a t  hlgh b c h  
numbers has been confined t o  tes t s  on very small models. References 1 
and 2 present the results of tests  where suction  control wa8 applied 
behind the shock on 2-inch-chord a i r fo i l s  yielding a drag reduction of 
the  mder of 50 percent 

The purpose of the  present  investigation was t o  study a t  large 
acale the  effect of bowdaq-layer  auction on a i r fo i l  drag at  supe- 
c r i t i ca l  Mach nunibera and to determine whether the drag  inorease due 
to separation could be reduced. Accordingly, an  airplane was f i t t ed  
with a suction d o t  on t he  upper surface of the l e f t  wing a t  about 
percent chord, h53ssurements were mde of profile drag (by the wake 
survey method)  and of pressure distribution  (to  evaluate chordwise 
force) at Mach  nunibera  beyond that of drag  divergence to determine the 
effect; a t  these speeds of  boundary-layer removal on drag. 

me t e s t s  of b o w - l a y e r  control  reported herefn carried 
out on a portion of the left  dng of a jet-propelled fighter  airplane* 
A picture of %b a l r p ~  as lnetrumented for the tes ts  shown In 
figure I D  

The s lo t  conf'iguratian used in  the tests is s h m  in figures 2 
and 3. As can be seen from the figures, the s l o t  was located a t  about 
70-percent chord. The 1310% was 10.3 percent (24 in. ) of the w i n g  semi- 
spas asd 2.52 percent (2 in.) of the local w i n g  chord and was located 
at about k percent (8 f t ,  1-1/4 in. ) of the w i n g  semispas fYm the 
Rzselage center line. A i r  flow waa indizced through the s lo t  by the 
low pressure existing at  the duct exit. (See figs. 2 and 4.) A w b g  
root b m p  was fnetalled  to  increase the pressure  difference between 
the  s lot  entrance and the exit. For a limited series of tests the 
s lo t  length was reamed by onelf in 89 effort  to  increase the flov 
coef f icfent  obtalmble. 

Standard M C A  recordfng instruments synchronized by a standard 
NACA timer w e r e  used t o  record  the following variables: indicated 
airspeed, pressur9 altitude, normal acceleraticm, wakwurvey total- 
head  decrement and s ta t ic  pressurea, boundary-layer t o t a l  head and 
s ta t ic  pressures, ana the amount of suction air flaw. A l l  recording 
instruments were installed in the nose compartment except the acceler- 
ometer which was installed in the  pilot 's cockpit. The air temperature 

. 
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used in   the Reynolda nmiber calculations was obtained f r o m  radiosonde data. In  addition, a Zkiuimeter gunsight aiming-oint  camera 
installed i n  the canopy to photograph tuft action on the test panel. 

For the  recording  airspeed system a freely swiveling airspeed, 
head was mounted on the end of.an  airspeed boom attached t o  the l e f t  
wing t i p  and extending two chord length ahead of the wing leading 
edge, as shown in figures 1 and 2. The airspeed  calibration  error  for 
the installation was almost negligible, the niaxemUm correction  to  the 
masured &ch number throughout the t es t  range  being 0.01. 

The profile4rag rake (shown in   f ig .  4) waa munted in   l ine  w i t h  
the center  line of the test section on the end of 8. cantilevered  strut 
extelading  outward f r o m  the fuee&age a8 shown i n  that figure. The rake 
contained 54 t o t a l  head tubes and 6 static tubes w3th the tube openings 
located 14.2-percent chard (h-1/4 in. ) aft .of the wrzlg t ra i l ing edge. 

The pressure-distribution and wake-survey measurenaents were 
obtained in steady dives of substastially linear flight path. The 
wake surveys were conducted at a pressure  altitude of approximately 
15,000 feet  over a Mach nuniber range from'0.70 to 0.78 (airplane lift 
coefficient  varied from 0.12 t o  0.08) . (Maximum speed was limited by 
rake  vibration and expansion of the wake, which  exceeded the limited 
extent of the rake at Mach nunibers  above 0.78.) The pr8SSWe-diBtribUtiOn 
tests were  conducted at an approximate pressure alt i tude of 30,OOO feet  
over a Mach number r a g e  from 0.70 t o  0.83 (airplane lift coefficient 
varied from 0.21 to 0.12). The Reynolds number  -Mach nmiber relation 
for  both sets of tests is shown in figure 5. As C&ZL be seen from the 
figure, the Reynolds rider range for  the  higher  altitude w a s  From 
13 x lo6 to 16 x 10" and for  the lower alt i tude was from 20 x le t o  
23 x lo8 based on the test section man chord. . 

A study of the flow conditions on the test panel upper surface 
W&B =de with the.following results: 

1. From the boundary--layer surveys, transit ion was found to occur 
at about  20-percent chord due to surface wavinese. 

2. Inspection of the pressure distributione  indicated that the 
ehock location  varied from about 52- t o  63-percent chord. Hence the 
shock was alwaya forward of the s lo t  by at least "-percent chord. 

3.  The tuft study  indicated that a pronounced cross flow over the 
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t e s t  panel developed progressively above a Mach rimer of 0.76. 

4. The measurements  gave no indication of boundary-layer sepa- 
ration  unti l  about 0.79 Mach  number, although the Mach nmiber fo r  drag 
divergence is about 0.73. 

The suction coefficient1  attained  with the Axll"len@;th s lo t  was 
constant over the Mach  nuniber range and equal t o  about 0.00175. This 
value of suction  coefficient corresponds t o  removal of about &I+ 
quarter of the  air  in the boundmy layer a t   the  s l o t  location a t  the 
law& Mach numbers and is about ane-third of' the suction  coefficient 
it had been hoped to   a t ta in  at the beginning of the  tests. More suc- 
t ian could not be attained due t o  the  limited  pressure drop available 
and the high duct losses present. In aa effort t o  increase  the per- 
centage of bounda,ry-layer a i r  removed, the  slot  length w a s  reduced 
from each end by 25 percent (reductng the total length t o  1 f t ) .  'phis 
change resulted, approximately, in a doubling of the suction  coefficient 
due t o  the 5O-percent reduction in  affected area, since  the volume rate  
of flow remained about the same. No f'urther  attempt t o  increase  the 
flaw ra te  by additional mechanical m e a n s  w88 made in vlev of the c- 
clusions drawn from a st- of the  pressure-distribution  results preb 
s a t e d  hereinafter. 

Although the wakesurvey -measurements  were made t o  0.78 Mach 
number, the results were questionable above a Mach umber of 0.76 
due to   the probable invlalidating influence of the baundary-layer - 
cross flow c ~ l l  the boundary layer and wake measurements above that 
Mach  number. Accordingly, since  the wake  measuraments  were consid- 
ered  unreliable and since tha frictianal drag becomes an lncreas- 
ingly smaller percentage of the t o t a l  drag at  supercritical Mach ' 

numbers, it v88 decided t o  study  the  effect of suction on the pres- 
sure drag as determined from the  presme-distributicm measurements. 
It Y&B realized that a rigorous study of pressure drag would involve 
the measurement of angle of attack a and the determination of the 
drag coefficient Cd by the equaticrn 

Cd = Cc cos a + C n s i n  a 

where CC and Cn are the chordwis- and normal-force coefficients. 
In view of the difficult ies of measurhg  angle of attack in flight, 
hawever, the chordwise-force coefficient was used t o  study drag changes 
due to   suct im,  s h e  at the lov angles of attack which existed for  
these t e s t s  the magnitude of the C, e i n  a term Y&B small. This 

ltjuction  coefficient is defined  as Q/VA where Q is the volume of 
air removed  under the  tes t  conditians of temperature and pressure, 
V is the true airspeed of the airplane, and A is the t o t a l  wine; 
area ahead and behind the slot. 
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term was estlmated t o  be roughly 6 percent of t h e  Cc cos a term a t  
a B c h  number  of 0.78 f o r  the conditiona.of  these  tests,  Actually, 
even i f  the  absolute magnitude of Cd were not  closely  represented by 
C, for these tests,   the change in cd with Wch number would s t i l l  be 
given  very closely by  changes i n  Cc, since the t es t s  were conducted at 
an essentially  constant angle of attack near zero a. (The angle-of- 
attack  deviation from the man value over the test range was only 3.60 
as estimated from the measured values .of l i f t  coefficient.) The estii- 
lnated  change fn Cn s l n  a due t o  hkch  number (applying  Glauert factor 
t o  average test c,) over the test range is of insignificant magnftude 
compared to  the change in Cc COB a. 

Curves of chordwise force  coefficient and profile  drag  plotted 
sgainst &ch number are  presented in figure 6 for   the  or iginal   s lot   to  
ehow the  suction  effect. In addition, data for  the reduced length s lo t  
16 shown in figure  6(a). The ahordvlse force  coefficients were obtained 
born integration of thickness-wise pressure  distributions. The profile 
bag  coefficients w e r e  obtained from the wake-survey data using  the 
mthod of reference 3. The momentum lose of the removed boundarp 
ayer air (deterdned from a boundary-layer survey at the  slot  entrance) 
-6 added t o  that measured by the survey rakea in order t o  obtain  the 
mota1 section p ro f i l e  -8. h Ca31 be seen from th8 f igUre, any 
.eduction i n  drag or chordwise force  due t o  bomdary-layer rentoval is 
-ithin  experimental  accuracy and would appear t o  be negligible. 

DISCUSSION 

A qualitative idea of the cauSes f o r  the drag rise (and the failure 
)f the  suction t o  modify th i s  rise) can be obtained *om examination of 
r igurea 7 and 8 which present  representative chordwise  and thicknese- 
rise pressure  astributions  for  mlected  test  Mach  n-rs throughout 
;he test range w i t h  Sna without  suction. The chordwise distributions 
3how that  the cr i t i ca l  pressure coefficient  (for  local Mach  nuniber equal 
L O )  w a s  exceeded on the upper surface over the entire range of t h e e  
tests. The lower-surface pressures, however, did not exceed the cri t i -  
zal until a Mach nmiber of about 0.76 was attained. The shock apparently 
first formed OIL the upper surface near the m r c e n k h o r d  station, 

~ ~~~~ 

2 Such an evaluation of the drag with  suction  applied  neglects  the drag 
equivalent of the suction power (assumes lo-percent duct  efficiency). 

3 
Comparison should be made only t o  a &ch nmiber  of 0.76 because of 
bounhry-layer cross flow. Points affected by cross f low are Mi- 
cated by the we of flags in  figure 6(b). 
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nuniber can be traced in large part to  the formation of shock and S U L  
sequent rearward shock movement on the  larer  surface, although some 
of the  increase (roughly 30 percent) is due t o  the upper-surface sepa- 
ration  then  present. It would appear f r c m  these  results that the major 
portion of the drag r i s e  on the test a i r fo i l  comes f'ram the formation 
of supersonic  regians on the upper and l m e r  surfaces  (as has also been 
noted for  other  afrfoils in  references 4 asd 5). Since the beneficial 
effect of suction is anticipated t o  derive solely fro= the elimin&tion 
of separation,  these  results  indicate  the  limited  possibilities of 
boundary-layer suctfon on the   t es t   a i r fo i l  even i f  fully effective in 
causing  reattachmant of the  separated wake. 

- \  - 

The results of a  lfmited flight investigation to study  the  effect 
of boundary-layer suction behind the shock wave on a i r fo i l  drag at 
supercritical Mach  numbers  showed no measurable effect on the  test   air-  
f o i l  for  the  suction  coefficient attainable. An fnspecticm of the pres- 
sure distributions  revealed that the major portion of the drag  increase 
w i t h  Mach rider was  due t o  pressure changes directly  associated  with 
supersonic flow on upper m a  lower surfaces, and a minor portion (never 
exceeding 30 percent) was attributable  to upper-surface sepazation 
behind the shock wave. .Thus, the possible drag reductfon due t o  e l h i -  
nation of flow separation behind the  upper4urface shock wave by means 
of suction w a s  limited. - The extent t o  which this condition  applies t o  
other airfoils or other &gles of attack cannot be inferred f r a m  the 
results of the  subject  tests. 

Ames Aeronautical  Laboratory, 
National Advisary Ccarrmfttee for Aeranautics, 

Moffett Fiela,  Calif. 
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Figure 1,- Test airplane na In&mmnted fm the flight tests. 
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Airspeed boom 

Profile drag rake 

Flgure 2.- Pfan form of test airplane showing location of 
suction slot and duct exit.  
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Figure 6.- VUfhtiOn O f  ChOfdWiS8 force COeffr'cef?# and pfOf//e 
drag  coefficient with Much number wlth and without suctlon 
on test  panel. 
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Note: Gross flow present on a// flagged 

points. 
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{b)  Profi/e drag coefficient. . 
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. Figure 6. - Concluded. 
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FigUf8 8.- Curves of meosufed chordw/se and f~lckness- 
W/se pf8SSUf8 disfribufions ovef fh8 f8Sf  pan81 Of 
selected Moch num&ers /n the fesf range. With sucfhn, 
full span slot. 
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FiQUf8 8. - Continued. 
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